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AERONAUTICS

FORCE, MOMENT, AND PKESSURE-DISTRIBUTION CHARACTERISTICS

OF RECTANGULAR WINGS AT HIGH ANGLES OF ATTACK

AND SUPERSONICSPEEDS

By Williem C. Pitts

SJMMARY

Experimental force and mcment data are presented for rectangular
wings of aspect ratios 1, 2, and 3. The angle-of-attack range is about
&@ and the Mach number range is 1.45 to 3.36. Experimental pressure-
distribution data from NACA RM’A54D19 and RM A54-ZL2are used to correlate
the force data. It is found that shock-expansion theory adequately
predicts the span load distribution in the two-dimensional flow region
below the shock-detachment angle. In the absence of an adequate theory
for the tip region, a semiempirical method is developed for estimating .
the span load distributions. With this method, the span load distribu-
tion and total normal force canbe estimated up to the shock-detachment
angle. Another procedure correlates the lift
up to the maximum lift coefficient for aspect

INTRODUCTION

The problems of the supersonic flight of
large angles of attack have recently received

curves within *5 percent
ratios greater than 1.

airplanes and missiles at
increased attention as a

result of the high altitudes currently encountered by such aircraft as
well as the higher altitudes contemplated in the future. For missiles,
these problems are of i~creased tiportance because it is practical and
desirable to utilize high normal accelerations for intercepting fast
targets. Relatively little information is available for use in the design
of bodies, wings, and complete configurations operating at large angles.
For bodies, the work of Allen and Perkins, reference 1, permits estimation
of the important over-all effects of angle of attack on lift and moment.
For wings, not much information is available besides the work of Gallagher ““
and Mueller, reference 2, and Mayer, reference 3, for estimating the
aerodynamic characteristics near maximum lift at supersonic speeds. Some
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data on the longitudinal aerodynamic characteristics of a complete missile
9

configuration at high angles of attack are available in reference 4.

To fill this need for information on aerodynamic characteristicsat
*

high angles of attack, a series of tests were preformed in the Ames 1-
by s-foot supersonic wind tunnel. This program investigated the effects
of high angles of attack on wings, bodies, wing-body combinations, and
on the wake beldnd the wings. Data reports on the pressure distributions
on triangular and rectsagular wings for several Mach numbers have been
published (refs. 5 and 6). Applications of the data of this investigation
have been made to the study of loads on wings and wing-body combinations
in reference 7 and to considerations of stability and control in refer-
ence 8. Another report of this series, reference 9, discusses some vortex
wake characteristics of au inclined body of revolution. The present
report presents m analysis of the rectangul~-win.g data of references 5
and 6 as well as of some unpublished force data obtained dtiing the ssme
program. The data are compared with theory, gaps in the available theory
are pointed out and, where-possible, methods sre presented to fill them.

S’YMBOI.S

A aspect ratio ---

Ar reduced aspect ratio, ~
11* ●

c wing chord

Cb
%

root-bending-moment coefficient,—
q#s

CD drag coefficient, &

CL lift coefficient,
&

c% lift-curve slope at a = O

cm pitching-moment

cns contribution to

%..coefficients~ —

local normal-force ‘coefficientof one surface

of wing due to angle of attack, ~ J“(P - P=)ax

-..

.

.

.
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ratio of local normal-force coefficient in tip region to that in
two-dimensional region for one surface of wing

normal-force coefficient,
&

shaft diameter

drag force on semispan wing

empirical constants for upper and lower surfaces, respectively

lift force on semispan wing

local Mach nuniber

bending moment on semispan wing about wing root

pitching moment on semispan wing about wing midchord

normal force on semispan wing

local static Qressure

reference static pressure

P - Pm
pressure coefficient, —

%0

dynamic pressure

Reynolds number per fi. .

wing semispam

plan-form area of semispan wing

local thickness of wing

velocity

variable distance from wing leading edge

distance from wing leading edge to center-of-pressure position “

variable distance from wing root

distamce from wing root to center-of-pressure position
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a

%

wing angle of attack, deg
—

angle of attack at shock detachment

J&F=
variable distance from wing tiPy s - Y

distance from wing tip to point of intersection of tip Mach
wave with wing trailing edge —

Subscripts

B values predicted by Busemann theory

2 lower surface

max maximum

min minimum

u upper surface

m free stresm

theoretical

Superscript

.

.

—

two-dimensional value

—

—.— —

EXPERIMENTAL CONSIDERATIONS

Wind Tunnels

Both of the Ames 1- by 3-foot supersonic tind tunnels were used in .
this investigation. The No. 1 tunnel is a single-return, continuous-
operation, variable-pressure wind tunnel tha$ has a Mach.number range
from 1.2 to 2.5.

:;
The No. 2 tunnel is an intermittent-operation,

nonreturn, variable-pressure wind tunnel that has a Mach number range
from 1.2 to 4.0. In both tunnels the Mach number is changed by varying
the contour of flexible plates which comprise the top and bottom walls
of the tunnels. The No. 1 tunnel was used to obtain.the & = 1.43,
1.97, and 2.46 pressure-distributiondata an~the & = 1.45 force data.
The No. 2 tunnel was used to obtain the & = 3.36 pressure data and the

.

●

✎

✎
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~ = 1.96, 2.43,
out of the range

and 3.36 force data. Except for & = 3.36 which is
of the No. 1 tunnel, the choice of tunnels was made on

the basis of availability of the
conducted.

Models

tunnels at the time the tests were

and Supports

The pressure-distributionwings and their supports are described in
references 5 and 6. Sketches and dimensions of all wings tested are
shown in figure 1. The wing section is formed by a circular arc to the
midchord and a parabolic arc to the trailing edge. The trailing-edge
thickness is 50 percent of the maximum thickness. The semivertex angle

—.—

at the leading edge is 5.7°. Two 5-percent-thick, rectangular wings of
aspect ratio 2 were used for the pressure-distribution tests. The two
wings were identical except that the root of one of them was thickened.
The effec”tof thickening the wing root was investigated because such
thickening is generally required for supersonic, all-movable wings to
maintain structural integrity between the comparatively thin wing and a
large hinge shaft. The pressure-distribution data from the unthickened-
root wing are use’din this report. The four rows of orifices showr.in
figure 1 are all located on one surface at 2.5,”25.0, 56.3, and 87.5
percent of the semispan from the wing root.

The force measurements.were made on a side-support balance which is
described in detail in reference 10. Force measurements were made on
three 4-percent-thick, all-mavable, rectangular wings of aspect ratios
1, 2, and 3 with thickened roots. Force tests were made for a fourth
wing that was identical to the aspect-ratio-l”wing except that it had no
thickened root. The wing section for the force tests is formed by one
circular arc. The trailing-edge thicknesses 50 percent of the maximum
thickness. The semivertex angle at the leading edge is 3.9°.

All wings were mounted on a boundary-layer plate that served both
as a flow reflection plane and as a means of placing the wings in a
region free of tunnel-wall boundary layer. The boundary-layer plate is
described in detail in reference 10. Except for the unthickened-root
pressure-distributionwtng, a O.O~- to 0.009-inch clearance gap was
allowed between the models and the boundary-layer plate to permit free
rotation. The unthickened-root pressure-distributionwing was mounted
rigidly on a turntable that was inset in the boundary-layer plate.

Range of Test Variables

The force measurements were made at Mach numbers of 1.45, 1.96,
2.43, and 3.36. The pressure-distributionmodels were tested at Mach
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numbers of 1.45, 1.97, 2.46, and’3.36. The differences in Mach number
for the two types of tests are due to slight differences between the two
wind tunnels used. The force measurements were made for angles of attack “

up to the maximum deflection of the balance, 42°, except for a few cases
in which the model support fouled 2° or 3° below this angle. For the
larger wings at the lower Mach numbers, the @nd tunnel choked at angles.
of attack considerably below 42°. For this reason the A = 1 wing was
scaled down to a span of 1.5 inches for tests at ~ = 1.45. The angle- ~

—

of-attack ranges for the pressure-distributiontests were about the same
as for the force measurements. The Reynolds number was varied but no
significant effects were obse~ed. The Reynolds number for the data
presented ranged from 0.44x106 per inch to o.86x1o6 per inch.

.—

Reduction of D&ta

The pressure-distributiondata were reduced to the coefficient form

3?-Pm P-Pw Pm-Pw
P = — = — ---,

%0 %XJ %0
where (p - ~)/~ was the measured quantity and (pm - ~)/~ was the
correction obtained from surveys of the wind-tunnel air stream. This .

correction was essenlxiallyzero for & = 1.45 and 2.46, but for
~= 1.97 it was approximately o.02 and for &= 3.36 it was approxi-
mately 0.01. Span loading and total forces o~the ~ngwere obtained

G

from the pressure coefficients by numerical integration. Since the
pressure orifices were all on one surface of the wing, it was necessary ‘ ‘“
to add the pressures for the wing at corresponding positive and negative
angles of attack to obtain the total force6. Further details of the
numerical integration procedure are given in references 5 and 6.

All force and moment data measured on the balance were reduced to
the usual coefficient form. The plan-form area of the semispan wing
was used as the reference area. The plots of CN and CL against a
were corrected for s~ll errors in a (of the order of *O.1°) by
shifting the curves along the a axis until they passed through the
origin.

.- .—

From an examination of
attack, the variations from
repeat the pressure data in

Accuracy of Data

the inaccuracy in setting the model angle of
constant test conditions, and the ability to
reruns at R = 0.44x106 per inch, it was

.

concluded that the errors in measuring the pressure coefficients were
about kO.005 for all Mach nu?ibers. The errors in the integrated forces .
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.
should be less than this because of the random
the pressure coefficients. A similar analysis
showed an uncertainty in CL of +0.00~, in CD
+0.002, and in & of ~o.ol. To compare force

nature of the errors
of the balance force
of +0.002, in Cm of

7

in
data

and pressure-distribution
measurements, for;e measurements were made on the pressure-distribution
wing for & = 1.97. It was found that the two methods of measurement
agreed within the above accuracy.

Besides the question of the accuracy of the measurements, two other
questions arise regarding the validity of the data: First, how well
does the semispan-model data represent the data for a full-span model,
and second, what is the effect of the thickened root on the force test
wings? Three factors indicate that the boundary-layer plate does not
interfere seriously with the pressure distribution and therefore gives
valid full-span data: First, the pressure-distribution measurements in
the wing-plate juncture check with shock-~ansion theory within its
range of applicability. Second, comparison of the pressures for the
y/s = O.0~ and O.~0 stations shows that the boundary-layer plate does
not alter the flow in the two-dimensional region. Third, below the
shock-detachment angle there is no significant Reynolds number effect
on the pressure distribution in the wing-plate juncture. Ahove the
shock-detachment angle the Reynolds number effect is small and limited

. to the wing-plate juncture. (For further details, see refs. 5 and 6.)
The second question was answered by comparing the results for corre-
sponding wings with and without thickened roots. It was found that

. thickening the root causes some loss of lift in the root, but the
pressures outboard of the root were only slightly affected. In general,
this
loss
loss

loss of lift due to the thickened root caused less than a 3-percent
in the total lift for the aspect-ratio-l wings. An even smaller
would be expected for the higher aspect-ratio-wings.

EXPERIMENTAL RESUTTS

The pressure-distribution data for the entire range of variables
tested are tabulated in references 5 and 6 in the form of pressure
coefficients, integrated forces, and center-of-Pressure Positions. only
the pressure-distribution data that are necessary for the correlation
method to be discussed are presented here. Since the force data have
not previously been published, the lift curves, drag polars, pitchiu-
moment’curves, and root-bending-moment curves are presented in figures
2, 3, 4, and 5 for all Mach numbers and aspect ratios tested=

.—

Figures 2, 3, and 4 show that there can be large effects of asPect
ratio on CL, CD, and Cm. The effect of aspect ratio diminishes as the
Mach number is increased, that is, as the effect of the wing tips rela-
tive to the entire wing diminishes. lbre will be said of the wing tips.
in the subsequent discussion.
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Figures 2 through 5 show little effect o-f
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.
the thickened root

section up to the shock-detachmentangle. Above this angle, some effect
is observed. Comparison of the pressure distributions in references 5 - 9.

and 6 #or’several Reynolds numbers shows that this is due to a small
viscous effect near the wing root.

—

Although Ck is not reached in all cases, figure 2 appears to

be consistent with the result of reference 2“that & for rectangular
wings’is about 1.05. The two exceptions (for the aspect-ratio-1 wing at
& = 2.43 ahd 3.36) are due to the effect of the thickened root section.
This is shown most clearly by the N& = 3.36-curve and to a lesser
extent by the ~ = 2.43 curve. The effect of the thickened root should
be smaller for the wings of aspect ratios 2 and 3 tham for the aspect-
ratio-1 wing.

—

The effects of Mach number and aspect ratio on some important
aeroQn.amic parameters near u = O are shown in the following tabulation:

c% (z/c)a= o

1 2 3 1 2 3
3.28

1“45 (::::) (2:;:) (3.20)
~.43 0.33 0.40 0.44

(.35) ( .45) (*47)

2.12 .45 .451.* ~::) ( .47) (::)
1.96 ~;:j;) (::$ (2*14)

2“43 (%) (i%) (;:% 2.43 (:&)
.45

(.48) ( .49)

.45 ---3,3fj ( :;;) ( .49) ( “49)
3.36 ~;:;;, (;::;) (%)

(Qdn

1 2 3

1.45 0.016 0.018 0.020
1.96 .012 .014 ● 015

2.43 .010 .011 .012
3.36 .007 ~ .007 .008

I (L/D)M I
2 3

1.45 4.9 6.2 6.1

L*96 597 5.7 5.8

2.43 5.8 5.8 5.8

3.36 6.4 I 6.7 5.7

The numbers in the parenthesis are linear-theory values. The trends in

.

.

.

.

c%) with ~and A are we redicted by linear theory, but the
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.

predicted magnitudes of the lift-curve slope are somewhat low. The
center-of-pressureposition predtcted by linear theory is about 3 per-
cent of the wing chord too far aft for all Mach numbers and aspect
ratios. This is primarily due to second-order effects of thickness.
The center-of-pressuretravel with Mach number is primarily due to the
wing-tip effect rather than section effects. This is apparent from the
fact that the center-of-pressureposition for the aspect-ratio-3 wing,
which approaches a two-dimensional airfoil, is nearly constant. Regard-
ing (L/ll)mx, it 3s not surprising that no general trends occur since
the drag due to the lift and Chin have opposite effects upon (L/D)W
as Mach number and aspect ratio vary.

CORRELATION AND DISCUSSION

Basic Physical Phenomena

Before discussing the method used to correlate the rectangular-
wing data, it is well to describe first some of the basic physical
phenomena of the flow over a-three-dimensional, rectangular wing. A
sketch of an aspect-ratio-2 semispan wing is shown in figure 6. The

estimated Mach waves from the wing tip for & = 1.97 are shown for
several angles of attack. The curvature of the Mach waves is due to
the curvature of the wing surPace and is obtained by computing the local
Mach angle by shock-expansion theory. For CL= 0° the Mach waves are
identical on the upper and lower surfaces, due to the symmetry of the
wing. However, as the angle of attack changes the Mach waves move
across the wing surface. On the upper surface the local Mach number
increases with angle of attack so that the Mach wave moves toward the
tip. On the lower surface the local Mach number decreases and the Mach
wave fans out so that the tip influences more of the wing as the angle
of attack increases. Since this movement of the tip Mach wave causes
the aspect ratio of the wing effectively to vary with angle of attack,
a quantity corresponding to the conventional effective aspect ratio,
PA, is defined:

where Ar willbe called the reduced aspect ratio= and q* is the dis-
tance from the wing tip to the point of intersection of the tip Wch
wave with the wing trailing edge. EYom the previous discussion it is
apparent that Ar is a function of a and that it is larger on the
upper surface than on the lower surface. These pints are important
to the subsequent discussion.

lFor a fbt plate at zero angle of attack, Ar is equal to the

conventional effective aspect ratio, 13A.
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When the angle of attack increases beyond the point at which the
.

tip Mach wave is coincident tith the wing le~ding edge.(a.d= 17 in
fig. 6) the shock wave becomes “detached. The shock-wave-attachedand
the shock-wave-detachedregimes will be discussed separately.

.
For the

attached regime the flow can he further subdivided into two regions on
the wing surface. The region inboard of the point of intersection of
the tip Mach wave with the wing trailing edge will be designated the

—

two-dimensional re@on, and the region outboard of this point will be
-.

designated the tip region. (The extent of these regions willof course
vary with angle of attack and it will be dif$erent on the upper and
lower surfaces.) The span load distributions for these two regions
will be treated independently. The span load distribution for the
entire wing will then be the load distributions of these two regions

—

joined at their common boundary.

Attached Regime
——
.=

Load distribution in two-dimensional region.- Two-dimensional, shock-
expansion theory is compared with experimental pressure distribution data “
in figure 7. The agreement, which iS typical far all Mach numbers of
this test, shows that the existing shock-expansion theQry adequately pre-
dicts the pressures and hence the loads in the two-dimensional region.

.

The discrepancy near the leading edge of the root in figure 7(b) is due
to a small, localized effect of the boundary-layer piate.

— ~.

bad distribution in tip region.- There is no theory available that
adequately predicts the load in the tip regio.rifor angles of attack up
to the shock-detachment angle. Busemann‘s linearized, conical-flow, tip
theory (ref. 11) is compared with an experimental spanwise pressure
distribution in figure 8. Tt is apparent that the linear theory has two
shortcomings: One, the predicted magnitude of the pressure in the two-
dimensional region is low, as might be e~ected; and, two, the position
of the Mach wave is predicted incorrectly, as shown by the insert. ‘An .
obvious modification is to stretch the Busemann theory as shown by the
dashed curve so that it agrees with two-dimensional, shock-expansion
theory at the correct Mach wave position. (This is essentially the
method used in ref. 12.) However, the experimental data are still not
well predicted. A linearized, conical-flow theory that considers the
effect of the wing vortices is presented in reference 13. However, this
theory is not in good agreement with the experimental results of this
investigation as shown by figure 9. In this figure the theoretical and
experimental values of the local loading (both surfaces) are normalized
by the two-dimensional section loading and plotted against the usual
conical parameter J3q/x. For @ = O there are no vortices present and .
the
the

theory reduces to’that of Busemann. It is apparent that-the flow in
tip region is not conical from the fact that when plotted against the

.
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conical Parameter, j3q/x,the experimental loading pressures taken along

. the q/s = 0.J.25station differ from those taken along the ~/s = 0.437
station. Thus the poor agreement with the conical-flow theories of
references 11 and 13 is not surprising and a nonconical theory is needed.
The-nonconical nature of the flow is probably due primarily to the fact
that the surface of the wing is not conical at the tip. Better agree-
ment with these theories should be obtained for surfaces that are
conical from the leading edge of the wing tip.

b the absence of an adequate theory, a semiempirical method Was
formulated for predicting the span loading in the tip region. Figure
IO shows the basis of this method. The experimental section load dis-
tribution in the tip region is presented in normalized form for both the
upper and lower surfaces of the wing. The abscissa, q/q*, is the frac-
tion of the distance from the wing tip, q/q* = O, to the total width of
the tip region. The dashed curves are approximate fairtngs of the
experimental data for the lower surface of the wing. The shape of this
family of curves was based on data at all test Mach numbers and angles
of attack below shock detachment. It is apparent that the loading
increases more rapidly with a in the tip region than in the two-
dimensional’region,and that it approaches rectangular loading as

. pointed out in references 5 and 6. The solid curves show the variation
due to angle of attack of cnJcns* at a.fixed geometric position on
the wing, y/s = 0.875. The upper and lower surface curyes cross near

d the Busemann theory curve. This is to be expected since, by symetry,
the two experimental curves must cross at u = 0°, and Busemann*s
theory becomes exact as a approaches zero. The similarity of the span
loading curves in the tip regi,onsuggests the follofing se~emPtrical
method: (1) Use Busemannrs theory to give the basic shape of the loading ““
for a= OO. (2) Use shock-e~ansion theory to give the absolute magni-
tudes at point (1,1) in figure 10. (3) Use an empirical correction to
account for the effect of rx. This empirical correction will in general
be a small percentage of the loading, so that great accuracy in the
correction is not necessary.

The form of this empirical correction can be seen from figure 11
where ens/ens* is plotted against a for several ,valuesof q/q*
and for several l&ch Numbers. The value of ens/ens*” at a = O is the
Busemann theory value and the other points are obtained from faired
curves of the type shown in figure 10. Figure 11 shows that ens/ens*
varies nearly linearly with a on the upper surface. Extiination of
these data for fixed values of a, shows that cns/cn~* varies with
Mach number approximately as

. as

fJ-1/3. ‘191USCnJCns* can be expressed

(1)
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for the upper
lower surface
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surface. !l%ismethod of analy-sisof the data for the
shows that

()

cns
~

z.
(2)

for the lower surface. The empirical constants h md kl depend upon

v/v* (f%” @“2 The value of dcn /da at
E

a= 0° given by equations (1)
‘s linear theory.and (2) is identical to that given Y Busemann The

pr- effects of thickness ad section are accounted for in equ-
tions (1) sad (2) by shock-expansion theory, both as to the magnitude
of the two-dimensional loadlng and as to the extent of the tip region.
Thickness will have some effect on the constants & and kZ but the
effect on the loading will be small for the thin wings considered. This
is particularly true for moderate and large ‘-es of attack for which

—-.

the thickness effect is relatively small compared to the angle-of-attack
effect. —

There remains the proklem of combining the effects of two tiP
retions when the influences of opposite wing tips overlap. Busemann~s -.

(%.+ -—--—

‘(%:):(%d)a(%:)b ‘
SketchO

method of adding decrements can be
used for reduced aspect ratios
greater than 1. Howeyer, this
method gives values that are too
low for reduced aspect ratios less
than 1. Thus, another method for
combining the wing tips must be
devised. Two conditions that are
required of this method are that
it agree with Busemann~s theory
in its range of applicability and
that-it always give zero loading
at the wing tips. Z“hesecondi-
tions can be fulfilled by super-
imposing the span loadings of
each tip and taking the product
of the two loadings as the total
loading. This is clarified by
sketch (a). The upper part of
this sketch shows the Mach wave
pattern for a flat-surface wing
with a reduced aspect ratio less
than 1. The solid curves in the
lower part of the sketch show the

.

—

.——

—

.-

2N0 data were obtained for O <q/q* $0.1 so that no empirical
values for %2 z were obtained for this “range. However, the loading
is zero at the wing tip so that the span loading can be faired through .

this range as in figure 10.
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reduced span loading that would exist on the two wing tips if there were
no mutual interaction. The dashed curve labeled “product method” is
the combined span loading. Any point, c, on this curve is obtained as
the product of cn~/ens* at points aandb of the solid curves The
‘:Busemann

.
Method” curve is low, because the reduced aspect ratio is less

than 1. If the reduced aspect ratio curve were 1 or greater, the two
combination curves would coincide at the wing tips and differ by, at
most, 4 percent at the center section of the wing.

The degree of correlation is shown in figure 13 where correlation
curves compare the predicted and experimental values of ens/ens* for

all Mach numbers tested. The figure shows that the empirical method
correlates the span loading data for all Mach numbers within *5 percent.
The number of spanwise orifice stations on the rectangular pressure
distribution wing that lie within the tip region depends upon the Mach
number and angle of attack, but, in general, the stations at y/s = 0.563
and 0.875 are represented in figure 13. Thus, with the foregoing
methods, the span load distribution in the tip region can be estimated
within +5 percent for thin rectangular wings at any angle of attack
below the shock-detachment angle for the ranges of Mach numbers and
aspect ratios af this investigation.

Total normal force.- The total normal-force coefficients were com-
puted for the force test wings of this investigation by the semiempirical
method of this report. In figure 14 the results are compared with-the
experimental force data which, as has been painted out, are completely
independent of the pressure-distribution data that were used to obtain
the semiempirical method of correlation. In general, the agreement is
good, both as to magnitude and as to the trends with Mach number, aspect
ratio, and angle of attack.

In figure 14(a), the curvature of the predicted A = 1 curve near
the shock-detachment angle is due to the l@aitations of the product
method of combining wing tips at extremely low reduced aspect ratios.
For all other calculations for figure 14 the reduced aspect ratio was
large enough, up to within 1° or 2° of the shock-detachment angle,~
that this difficulty was not encountered. The low experimental point in
figure 14(d) for the aspect-ratio-l wing at a = 30° is due to the
thickened root of the wing (see fig. 2).

In figure 15 a typical comparison is made between the semiempirical
method and other methods of est~ting the CN vs. a curve. Except for
very low a@es of attack the three-dimensional, linear-theory curve i.s

considerably low. At a = O the slopes of the semiempirical curve and
the linear-theory curve are essentially the same. Naturally, the two-
dimensional, shock-expansion-theorycurve is too hi@ since tip effects
are neglected. As the aspect ratio and/or the Mach number increase, the

‘As the shock-detachment ang
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semiempirical curve
the two-dimensional

and the stretched Busemann
curve.
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theory curve will approach

.

Center-of-pressureposition.- A qualitative story of the variation
of the center-of-pressureposition with u can be formulated that is
consistent.withthe findin& of the preceding sections. From figure 10
it is apparent that the span loading on both the upper and lower sur-
faces becomes more rectangular as the angle of attack increases. Hence
the center of pressure moves outboard with angle of attick, as shown in
figure 16. The exception at a = 30° and 35° for Mm= 3.36 is due to
en unexplained reversal of the trend toward uniform loading near the
shock-detachmentangle for this Mach number. The variation of the
chordwise center-of-pressureposition cannot be ex@ained quite so
simply because two effects.op~se each other. ou the lower surface, which
contributes most of the lift at high angles of attack: (1) Accord- to
shock-expansion theory the center of pressure moves rearward~s a
increases for the airfoil section used in this investigation. (2) The
effect of the tip Mach wave meting inboar& ti_thincreasing u on the __ __
lower surface is to cause the center-of-pressymeposition to move for-
ward. The net result of these two phenmneu depends upon whether the
tip region or the two-dimensional region dommtes the wing surface
area. Call the angle-of-attack range in which the two-dimensional
region dominates, Regime 1, and the angle-of-attack range (for CL< ~)
in which the tip region dominates, Regime 11, Regime 111.includes the
angles of attack above the shock-detachmentangle. These regimes are
indicated in figure 16. h figure 16(c), for example, the center-of-
pressure position is in Regime I for u . 3°. Gection effects cause
the center of pressure to move rearward until Regime II is entered at
about 13°. Then the tip effect predominates””&ndthe center-of- resmire
position moves forward. BAt the shock-detachmentangle, ~ = 24 ,
Regime III is entered and the center-of-pressureposition again moves
rearward toward the wing g@dchord. In figure 16(a) the center-of-pressure
position skips Regime I and starts in Regime II because for this low
I@ch number the tip region dominates even at small angles of attack. In
figure 16(d) the angle-of-attacl”range is barely large eno&h for the
shock wave to detach aud Regime III is not apparent.

—
.-

—

.
—

—

Detached Regime

Sfnce there is no theory available for
of attack above the shock-detachmentangle,
detached regime will be limited to pointing

flow over wings at angles
the discussion of the
out.interesting observations. -.

Details of flow.- A sketch of the flow btiera wing with a detached
.

shock wave is shown in figure 17. The salient features of this sketch
are in accord with figure 18 which shows the Mach nunibervariation over
4This Is not true for all airfoil sections.

.
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the wing surface for several free-stream Mach numbers and angles of
attack. These Mach number contours were obtained by assuming that the

. stagnation streamline crossed the how shock wave normally. Figure 18
shows that the stagnation point, M = O, lies within 0.05c of the leading
edge. It also shows that there are two M = 1 lines as shown in figure
1~. The foremost M = 1 line intersects the wing surface somewhere
between 0.05c on the lower surface where the flow is subsonic and 0.05c
on the upper surface where the flow is supersonic. It probably inter-
sects at the wing leading edge where a large expansion occurs. The
other M = 1 line intersects somewhere along the lower surface or in the
wake, depending upon the free-stream Mach nwber ad angle of attack.
Between these M = 1 lines there is a region on the surface over which
the flow is subsonic. Another interesting feature of the flow shown by
fi~re 18 is that the local Mach number, and hence, the pressure on the
upper surface of the wing, is nearly constant. This is consistent with
the findings of Mayer, reference 3, that the pressure aPProa~es a
uniform limiting value on the upper surface of wings at high angles of
attack. T!nisLimiting pressure coefficient was estimated to be 70 per-
cent of vacuum (P = - l/&2).

Pressure distributians.- The chordwise distribution of the pressure
coefficient is plotted in figure 19 to show the effec,tof angle of
attack, spanwis~ location, aid Mach number. The figure shows that above
the shock-detachment angle the pressure coefficient rises rapidly near
the leading edge of the lower surface. This feature, characteristic of

. subsonic flow, is to be expected because of the subsonic region on the
lower surface of the wing shown in figure 17. -Onthe upper surface of
the wing Mayer~s ltiiting value, the dashed lines in the figure, gives
a fair estimate of the limiting pressure coefficient. However, there
is in general a considerable range of angles of attack between the
shock-detachment angle and the angles at which the limiting value is
approached.

Lift coefficient.- lk figure 20 the lift curves are correlated
within *5 percent of sm average curve up to the maximum value of the
lift coefficient for all of the aspect ratios and Mach numbers tested
in this investigation. Some data from reference 2 are also included.
In this correlation it is assumed that the maximum value of the lift
coefficient is approximately the ssme for all Mach numbers and aspect
ratios, as is suggested by figure 2. The correlating parameter, cd

L%
merely adjusts all lift curves so that they have the same slope at
a=o. Since the curves sre forced to coincide at CL= O, no ~ta are
shown in the figure for the small angles. Thus, within the Mad number
and aspect-ratio range of this investigation, the lift curves of rectan-
gular wings can be predictedup to the msxhum value of the lift coeffi-.
cient if the lift curve slope at a = O is known. It is quite possible
that this Mach number and aspect-ratio range can be extended. However,
it should be pointed out that a small decrease in Cti was observed
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as the aspect ratio decreased so that this correlation method is not
dependable for A < 1.

Analysis of the
investigation showed

—. __. —. .

.-

CONCLUSIONS —

force and pressure-distributiondata from this
that for the Mach number range of 1.45 to 3.36 and

the aspect ratio range of 1 to 3 the following conclusions can be drawn
for rectangular wings:

1. Shock-expansion theory gives an adequate prediction of the
pressure distribution and section loading in the two-dimensional region
up to the shock-detachmentangle. .

2. The flow in the tip region is not conical. In the absence of
a theory, a semiempiricalmethod was developed that predicts the span
load distribution near the wing tips and the.~otal normal-force coeffi-’
cient with engineering accuracy up to the shock-detachmentangle.

3* The lift curves can be correlated within *5 percent up to the
maximum value of the lift coefficient for variations of Mach number
between 1.45 and 3.36 and for aspect ratios greater than 1.

Ames Aeronautical Laboratory
National Advisory Committee for Aeronautics

Moffett Field, Calif., Nov. 9, 1955
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